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EFlW3!S OF CERT_ FLCW NO~3WD!lXS ON LIET, DRAG,

AND PTKH33VQ MOMENT FOR A TRANSONIC—AIWIANE MODEL

lIW7ESTIGATEDAT A MACH NUMBER OF 1.2

OF CIRCULAR CROSS SECTION

By Virgil S. Ritchie

-

An investigation was conducted in the
of the Langley 8-foot high-speed tunnel to
indicatim of the mq@tude of model-face

Mach

IX A NOZZLE

nuniber1.2 test section
obtain some quantitative
changes woduced by a given

nonunifamity of the test-section flow. The re&lt= of these-tes=s
indicate that no si~f icant chenges of lift, drag, and pitching-maent
coefficients for a test model of a tranaonic airplane were produced by
verying the locetion of a moderately strong flow disturbance exiaUy
along the model length. Also, the a~oach of the stream normal shock
from its usuel location downstream of the sting-supported test model is
shown to result In no a~eciable model-fm?ce changes until the fluc-
tuating normal shock reaches the model.base and tail surfaces.

INTRODUCTION

The attainment of uniform flow in the test section of a supersonic
wind tunnel is very difficult in practice end some noduniformity is
usually present. For sane test purposes it is necessery to have the
flow as uniform as possible, but for ~actical. force measur~nts on
conventional test models it was thought that sane nonunifcmmity could
be tolerated. The present investigation was undertaken to obtain the
effects of certain flow disturbances on the force characteristics of a
model. For this investigation, a model of a transonlc airplane,
equipped with an internal belence unit for modeZ-force measurements,
was tested.in the Mach number 1.2 test sebtion of the Langley 8-f cot
high-speed tunnel in the presence of a moderately strong compression
Usturbance. The scope of the measurements was limited to the given <‘
flow conditi~ns end to the particular test model.
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Another flow nonuniformity of,interest in testing models in a rela-
tively short suyersofic test region where the test-section flow is ter-
minated by the streemncrmel.“shockis Introduced by %he proximity of the
stream normal shock to the rear of the test model. The shock termi-
nating the Maoh number 1.2 test section of the Langley 8-foot high-speed
tunnel fluctuated over a considerable @al distance and, therefore,
tended to spread its effects over a greater distance.than would result
fram a steady normel shock. Some uncertainty existed as to the distance
at which the shock effects might be felt upstream of t4e average shock
location. This uncertainty led to the simple eqedlent~of measuri~ the
forces on a conventional test mdel while permitting the streem normal
shock to ap~oach the lase of the model from dcwnetreem.
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‘SYMBOIS’ ‘“’ -.

lift, pounds
.“

drag, pounds , ‘.
●-.., ---

s

+

pitching moment about center of gravity-(20.2 percent E),
foot-pounds c’

wing .qeanaero@emic chord, feet

surface area of wing, square feet

dynamic pressure corre8ponUng to14ach number 1,2, pounds per
squere foot —

lift coefficient (L/qS)

&rag”coefficient (D/qS)

pitching—moment coefficient (M/q5S)

angle of attack of fuselage center line, degrees
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ExPERIMENTALsE!rTJP.. “ . -.
. ..— :

The Langley 8-foot high-speed tunnel in which the yesent investi-
gation was conducted is of cir,cularcross section throughout. An
ex.i@_lysymmetrical nozzle installed as a .Uner in the tunnel was used 9

for expending the flowto.al@ch number of.1.2, and an effectively
cylindrical section about 94 inchesti Wmeter constituted the 1
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supersonic test region of perdhl flow available for the model tests.
The length of this Mach nuniber1.2 test region was fairly short, varying
between 40 and 55 inches; the exact length depended upon various factors
affecting the tunnel power. Ikceleration of the suprs~c flow
occurred through a fluctuating normal shock in the stream at the down-
stream end of the test section~ A narrow window ex%ending the length
of the nozzle and test section was are3.lAblefor observation of the
model and flow phenomena.

A ~-scale model of the Dougl-asD-558-D a@?~e ComPlete~th sw?t-
back w&; and tail surfaces was used for this tivestigation. This model
was equipped with an internal balance unit for measuring model forces.
The over-all length of the model fuselage was 3105 ~Ches and the tail .
surfaces extended 2.5 inches downstream of the base of the fuselage. The
maximum dlemeter of the fuselage was approximately 3.75 inches and the wing
span was 19 fiches. The mean aerodynamic chord of the model wing waa
~.46 fiches end that of the model tail, 2 ● 61 Mcbes ● ~ ~gle of ~cidence
of 3° end a horizontal-tall setting of 1.9°, both taken relative to the
longitudinal axis of the fuselage, and an elevator setting of 0° relative
to the horizontal-tail setting were kept constant throughout the tests.
The fuselage,angle-of-attack variations included only the approximate
values of 4.5°, 1.5°, and -2°. The center of gravity of the model w’s
Usplaced about 2 inches from the nozzle center line f~r the fuselage
angle of attack of 4.5°. A photograph of the test model is shown as
figure 1 *d a complete description of the model and test equipnent is
given b referegce 1.

The arrangement for testing the model in the supersonic test region
of the Langley 8-foot high-speed tunnel is shown in figure 2. The model
was supyorted at the aziel center line of the tumnel by means of a
conicel sting extending from the base of the model to a cylindrical
tube which was maintained in place elong the center line by a suppat
system located in the tunnel diffuser. Ad@slxnent of the axial location
of the model was accomplished by axiel movement of the cylindricd- tube
inside the central hub of the suppcu% syst-. Model angle-of-attack
chsnges were effected by means of interchangeable split couplings at the
downstream end of the conicel sting. Corrections for the model engle-
of-attack changes due to bending of the sting snd extension tube during
actual tests were obtained &m the angle of reflection of a beam of
light projected obliquely fkcm the test-section observation tidow to
a mall mirror imbedded in the surface of the test model. Static-
pressure orifices located 2 inches apert elong the walls of the nozzle
end test section were used to check the flow Mach numbers obtained for
the various runs.

Surveys of the axially symetricql. flow in the supersonic test
section at the time of the present investigation indicated that the
flow was relatively free of serious disturbances, except at a
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.staticm on the axial center he about 75 inches downstream of the
effective minhum section of the nozzle. At this station, a compression
disturbance equivalent to a decrement of 0.05 l.nthe Mach number 1.2
flow persisted over an axial distance of about 2 inches. This disturb-
ance was foumd to extend obliquely ogt from its central location
along lines roughly corresponding to Mach lin6s. The ti%nsity of the . :
disturbance decreased at a significant rate with distance from the
axial center line, the Mach number decrement of 0.05 from the center
13ne to 1.5 inches off the center line decaying to decrements of 0.038
and 0.022 at distances of 3 and 7 inches off the center line, respec-
tively. This rate of decay of the flow-disturbance intensity with
dls@nce from the center line indicated that the magnitude of the
disturbance actually strildng the surface of the model fuselage might
be saewhat less than the values shown in figure 3, since these
measurements were made at a distance of 1 ~mch off the axial center
line and the surface of the fuselage was as much as 1.9 imhes from
the center line. Axial distributions of the f’lowMach number 1 inch
off the center line of the Mach number 1.2 test tiection”~e given in
figure 3 for model locations designed to locate the central dlsturb-
ame roughly in regions occupiedby the modsl wing, by the model tail,
and by the fuselage between the wing and teil... .- ,.

TEsl?lTmEmKE “

The calibration Mach number distribution in the shpersonlc test
section of the Langley 8-foot hd@-speed tunnel was held constant for
the tests of this investigation. The given ccaqn?essiondisturbance
equivalent to a decrement of 0.05 in the flow at the center line per-
sisted at a fixed axial location in the test region of Mach nuniber1.2.
The axial location of the test model was varied to permit the flow
dis@rbance to str~e. the model at various kngltudlnal stations and
thus to vary the uniformity of the flow over the model components,
especially in the regions of the wing and tail surfaces. Forces were
measured for the model in the three regions of varying flow uniformity
shown in figure 3.

Reynolds nmbers for the model fuselage, wing, and tail, based on
test conditions at Mach number 102 and on the over-all fuselage length
and mean aerodynamic chords of the wing and tail, were approxi-
mately 10 x 106, 1.’74x d, and 0.83 x 1069 respectively.
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The stream normal shock at the downstrmm end of the Mach number
1.2 test section fluctuated rapidly over a distance of about 8 inches in

--

the stream direction. This shock, normaJJy located about E inches
—

downstream of the model, was permitted to aymoach the base of the test
model ?&cm downstream by suitable reduction of the tunnel oyerating

—

power. Modal forces were measwedtith the ~ho.ck.atV=iOUS. ~st~es . ,. ~
downstream of the base of the model. The average shock locations were
determined by means of shadow

::~~::EEZ~~Ee*$9&$2q%~~ ~~~~i~~e~~We ““’:,,

bservations and by means of static-
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*
seperate possible effects caused by the normal shock striking the model
fram those due to transmission of increased pressures upstream through

J the boundary layer on the sting.

RESULTS AND DISCUSSION

Varyingflow uniformity longitudinddy along length of model.-

Model-fcn?cemeasurements with the test model In the flow distributims
of figure 3 ere presented in figure 4. These results indicate that no
significant changes of the lift, drag, and pitching—moment coefficients
were produced by mrying the exiel location of the test model in the
Mach nuuiber1.2 flow containing a ccxupressiondisturbance which extended
over an exial distance of 2 or 3 inches end which was equivalent to a
decrement of 0.05 in the flow Mach nmnber at the axis of syzmetry. The
veriation of the force coefficients shown in fi~e 4 is within the
accuraoy of measurement namelly attairiableby means of the internal
balance system used for measuring model forces. Significant changes of

* model forces due to variation of the flow tiformity may ~ossibly occur,
if the model is tested in regions where the force coefficients vary
rapidly with Mach number.

*

The experimental indication that no significant changes of model
lift, drag, end pitc~ng mcment me p?oduced by the given flow disturb-
ance does not necess=ily tiPXY tkt such a Usturbance can be
tolerated for more fundamental studies of aerodymdc phencmena.

Nearness of stream normal shock to base of model.- The results of
force measurements for the teat model with the stream normal shock
located various distances downstream of the model base are shown in
figure 5. The normal-shock locat+ons in this figure are given in tq’ms
of the distance from the model base to the mean shock ~sition. The
shock actually fluctuates about 4 inches upstream and downstream of
this mean position. The results shown in figure 5 indicate that signif-
icant changes of model drag and yitchingmoment coefficients are intro-
duced when the average location of the stream normal shock is at the
base of the model end that these changes diminish in magnitude as the
fluctuating shock is moved downstream, until no appreciable changes ere
evident when the shock-fluctuation zone is entirely downstream of the
model base and tail surfaces. The model lift coefficient is showm to
remain essentially constant throughout these tests (see fig. 5) end,
therefore, indicates that the flow in the region of the wing was
unaffected by the fluctuating normal shock even when the shock was
located at the base of the model..
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Whether the model-for~e .c@nges were due solely to,p+sry effects
of the stream normal shock in the region of”the test model..ortihether.
same portion of the over-all changes was possibly brou@t, about through
transmission of the increased pressures behind the shock upstream
through the boundary layer on the sting i~ not known. It is believed,
however, that no large changes inmodpl forces are introduced by the
transmission of increased pressures upstrmmthrough the sting boundary
layer when the shock is located entirely downstream of the mdel. This
belief is supported by the fact that the measured dr~”and pitching-
mment coefficients tend to level off at cotitant values when the
fluctuating-shock.zone is entirely downstream of the mudel.
(See fig. 5.) ,.

CONCLUSIONS

The effects of certain flow disturbances on model forces were””
investigated for a given set of”conditions. The results of the brief
investigation appeared to Justi$y the folhwing conclusions regarding
effects of given flow nonunifcmmities on_fwcg_-rnna6uremq.ntsfor a test
model of a conventional transonlc airpl&e in fm exidl.y symmetwlcsl
fzow of Mach number 1.2:

1. A flow disturbance equivalent to a Mach number decrement of 0.05
or less at the axis of symmetry and extending over an add distance
of 2 w 3 inches or 6 to 10 percent of the model length can be tolerated
for practical force-test purposes.

2. No s@nificsnt changes of model
cients occurred until the stream normal
of the model base and tafl surfaces.

.

Langley Aeronautical Laboratory

-.

drag and pltchi~aoment
shock--m located in the”..-

coeffi-
regicm

National Advisory Committee for Aeronautics
Langley Air Force Base} Va.
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I?lgure 1.- fihg-mpported ~scde model of the D-~~-11 alrplene wed for investigating the effects

of .H.ow nonuniformity on model fames.
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